Numerical Simulation of V-22 Aircraft Aerodynamics

TszeC. Ta*
Naval Surface Warfare Center, Carderock Division
West Bethesda, MD 20817

Abstract

The aerodynamic flowfield about a wing-fuselage-nacelle configuration of the V-22 aircraft is
simulated by using a multi-zone, thin-layer Navier-Stokes method. The work is primarily
concerned with the forward-flight mode at a freestream Mach number ranging from 0.209 to
0.345 with corresponding Reynolds number ranging of 12.4 to 20.5 million based on the wing
chord for flight at sea level. Effects of protuberances FLIR, AAR47 sensor fairing, and the
refueling boom are also considered. Major flow features including the three-dimensional flow
Separation due to viscous-vortex interactions observed experimentally are captured by the
simulation. The massive separation from the wing for flows at high angles of attack provide
first approximations to the position of the wing vortex with respect to the tail surface location, a
clue to the cause of the V-22 tail buffet problem. A brief description of the hover mode
simulation is also given.

Introduction

The V-22 tiltrotor aircraft combines the high speed efficiency of aturboprop arcraft with the vertical
takeoff and landing capabilities of a hdlicopter. Although the concept has been investigated for many
years, it hasonly recently been developed into an operationa prototype for military use™  The ability
to take off and land anywhere and to fly like an aircraft has great potentid for civil transport® The
ongoing military program will provide an important database for civil applications.

The aerodynamics of the V-22 aircraft were primarily determined through experiments during its early
stage of the development. *° Because of its vertical take-off requirement, the aircraft was designed
“from insde out” and thus had design redtrictions that adversdy affect its aerodynamic performance. A
comprehensive review on the V-22 Osprey aerodynamic development during the past 15 yearsis given
by McVeigh et d.” Recently, the use of the computationa fluid dynamics (CFD) has been explored by
the present author to andlyze the complex aerodynamics of the V-22 arcraft. The overdl flowfield
about the arcraft in ether hover or forward-flight mode has been smulated usng amulti-zone, thin-layer
Navier-Stokes method. #*? The aerodynamics in hover-to-transition flight mode of the arcraft was
explored by Meskin based on a different CFD procedure.

The present paper summarizes the work at Naval Surface Warfare Center-Carderock Division in
gmulation and analysis of V-22 arcraft aerodynamics during the past five years. The objectives are to
develop a rdiable tool for predicting the aerodynamic performance of the arcraft, as well as to
investigate the source of drag rise and the tail buffeting at high angles of attack. As a prediction tool, the
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CFD modd must be detailed enough to include significant protuberances and cover the Mach range
from subsonic to transonic speed (high subsonic freestream) in the design envelope.

* Senior Research Scientist, Marine and Aviation Department, Associate Fellow AIAA. Presented at the DoD High
Performance Computing Users' Conference, Monterey, CA, June 7-10, 1999.

Simulation M ethod
The smulation method, or the computational method employed includes two main eements: the grid
generation and the flow solving. The description of the method therefore will be centered around these

two topics which are of equa importance.

Geometric Confiquration and Grid Generation

A dructured, curvilinear, body-conforming grid is employed. The surface grid is condructed from
the manufacturer's blueprint with refinement based on data provided by Boeing Defense & Space
Group. A cylindrica grid topology, which is bascaly made up of an H-O mixed type with H-type in
the longitudina plane and O-type in the crossflow plane, is adopted. The outer cylindrica surfece is set
a 7.7 chord lengths from the arcraft centerline.  For the “clean arcraft” configuration in which
symmetry about the centerplane can be assumed, only the right half of the aircraft needs to be modeled.
For configuration with the refuding boom which is located on the right nose, the whole aircraft must be
modelled. The latest model conssts of the wing, fusdage, nacelle, forward-looking infrared, AAR47
sensor, and the refuding boom. The tail sections are now being added as well as the wing vortex
generators and the strakes on the forward portion of the fuselage.

The advantage of this grid topology is that it permits Smple and accurate discretizing gpproximations,
and can be eadily clugtered in the viscous region. It isrdatively fast for flow solving with good accuracy.
Its primary disadvantage, however, is that the modeling is difficult and time-consuming for complex
geometries.

In generating the grid, we firg divide the whole domain into upper and lower regions. The multi-
block scheme is applied to generate the common interface mesh which is then used as the base
boundary in generaing the basic grid for each region. The two meshes are subsequently combined
together into a dngle basc grid. For the basc wing-fusdage-nacdle configuration, the geometry is
relatively more complex than other aircraft because of the nacelle mounted at the wing tip and the
sponson protrusion at the bottom of the fusdage. To overcome the difficulty, a new successive multi-
block grid generation procedure was developed. A brief description on the procedure is given in Ref.
9. The find grid, after viscous clustering, has atotd of 179 x 105 x 57 points covering the longitudind,
circumferentid, and radid directions, repectively.

The NASA Ames 3DGRAPE code™ is used for basic grid generation and CNS/ZONER code™
for zoning and clugtering. The latter has been modified to cluster the viscous region with a variety of
gpline curves for the radia direction to be fitted.
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External Components -- Protuber ances

The externd components (protuberances) to be consdered here include the forward-looking
infrared unit (FLIR), the fairing of the dectronic sensor (AAR47), and the refudling boom. They are
described below dong with the resulting grid changes due to these components.

a. Forward-Looking Infrared (FLIR)

The forward-looking infrared unit (FLIR) is a short hemi-spherica cylinder mounted upside-down
directly beneath the aircraft nose. The cylinder has adiameter of about 10.5 inches and a mean height
of 125 inches. Grid resolution in the loca area has been enhanced in both longitudind and
circumferential directions to accommodate for the increased complexity caused by addition of the unit.

The resulting volume grid has a totd of 185 x 110 x 57 points covering the longitudind,
circumferentid, and radid directions, respectively. Since the unit is mounted with its centerline coincides
with the arcraft centerplane, the symmetry assumption remains valid and therefore only the right haf of
the aircraft needs to be meddled.

b. AARA7 Sensor

The fairing of the AARA47 sensor is araised convex surface geometry with a height of gpproximately
3.0 inches. Shaped like the back of aturtle, the unit is mounted on the Sde of the arcraft nose below
the front of the wind-shield pandl, one on each side. Thus, the assumption of symmetry ill holds. The
gze of the volume grid is increased to 203 x 115 x 57 when the AAR47 fairing is implemented. The
components are embedded seamlesdy in the main surface with no increase in complexity in flow solving.

The geometry of the AARA7 sensor fairing has been modified by Boeing after the present work. The
new shape has an elongated rear portion to reduce the pressure drag due to the component.

c. Refuding Boom

Unlike the FLIR and AAR47 units, the refueling boom is ingtaled on the right Side of the nose only.
It is a 69-inch long blunted ogive-cylindrical tube having a diameter of 4.5 inches. The boom is
mounted between the FLIR and AAR47 units. Because of the one-sided location of the boom, the
assumption of symmetry is no longer vaid and therefore the whole arcraft must be modelled. The sze
of the volume grid is increased to 215 x 231 x 57, which is more than double the size of the previous
grid. Because of increased complexity, the nose portion of the overdl grid is completely revised in
order to incorporate the boom. Again, the gridding is accomplished in a seamless manner. Likewise,
the number of zones for the flow solving is more than doubled.

Flow Solver and Turbulence M od€
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The NASA Langley thin-layer Navier-Stokes code, namely the CFL3D code *® with multi-zone
capability, is used as the basic flow solver. Appropriate modifications to the code for gpplying specific
boundary conditions are implemented.  The code is based on afinite volume dgorithm with a spatialy-
factored diagondised, implicit scheme. The upwind-biased-differencing technique is used for the
inviscid terms and centrd differencing for dl viscous terms. The method is globaly second-order
accurate and well suited for patched grids in amulti-zone domain.

The code is upgraded with a variety of turbulence models, including the basic Badwin-Lomax
dgebraic modd Y, the Spdart-Allmaras one-equation modd *®, among others. These turbulence
models have been carefully examined and evaluated by Rumsey and Vatsa™.  In the present work, the
B-L dgebraic modd with a Degani-Schiff type modification® adong with the Ta extension™ is used
for cases with smdl-to-moderate angles of attack. The B-L modd is used widdy throughout the
computationd fluid dynamics community. Although smple, it is known to be the best modd for
flowfield dominated by vorticd flows.

The Badwin-Lomax modd was extended to three-dimensiona flows by the present author ** to
remove some abnormdities associated with a curvilinear grid for complex geometries.  In the
modification, the directed norma distances (the “viscous’ coordinates) of the origina modd (with or
without the Degani-Schiff type modification) is replaced by curvilinear radia coordinates in a genera
curvilinear coordinate syssem. The extenson, which makes the model more competible with the
Navier-Stoles equations solved in curvilinear meshes for a complex geometry, offers physcaly redigtic
“viscous’ coordinates in case of highly curvy grid lines. The present V-22 grid is a perfect example
having highly curvy grid lines. The new modd yields dightly higher eddy viscosty and thus the skin
friction vaues than the origind modd. Any grid that works wel with the origind modd will dso work
well or better with the modified modd.

For flow at high angles of attack, the B-L model startsto cause convergence problem because of the
unsteadiness due to large flow separation, thus the Spaart-Allmaras turbulence modd is employed as a
back-up solution.

M ulti-Zone Technigue and Boundary Conditions

The single badic grid generated above is eventudly divided into multi-zones for flow solving usng the
multi-zone technique. #*  In the literature, the terms “multi-zone’ and “multi-block”  are generdly
interchangeable because a particular “block” of the grid generated is used dso as a“zone’ in the flow
solving. In the present paper, however, we will distinguish the “multi-zone” from *“multi-block” because
they are NOT the same. In the case of the wing-fusdlage-nacdlle configuration, we have divided the
snglebasic grid into 21 zones for flow solving, while the grid was generated with 25 blocks.

The divison of the overdl mesh into multi-zones depends primarily on the convenience in applying
the boundary conditions. Having the same number of radia mesh points for both viscous and inviscid
zones, such adivison offers exact coincident boundaries between the zones. The main advantage of the
goproach is that the conservation of the spatid flux of mass, momentum, and energy between the zones
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isautomdticaly satisfied. A totd of 44 interface boundaries are st among the 21 zones in flow solving.

The boundary conditions for the Navier-Stokes flow solver are, within a particular zone: (1)
Freestream condition imposed at upstream (for the most forward zones only), (2) Freestream pressure
recovery in downstream (for the most rearward zones only), (3) Characteristic form of inflow-outflow at
the cylindrica outer boundary, and (4) Viscous nondip flow a dl solid surfaces (wing, fusdage, and
nacele). Theinlet and outlet of the nacdlle are closed for smplicity, and the disc loading at the rotor is
neglected. The reason for neglecting the disc loading is that there are only 5-6 ft/sec veocity
differentids at the rotor disc which may have little effect on the resulting flowfield.

Results of Wing-Fuselage-Nacelle Configuration

For the wing-fusdage-nacelle configuration, sSmulated results are obtained for freestream Mach
numbers between 0.209 and 0.45 at angles of attack of 7, 12, 16 and 18 degrees. These conditions
yield a Reynolds number range from 12.4 to 26.7 million based on the wing chord length of 8.33 fest.
Flow conditions corresponds to the wind-tunnel test condition at Boeing were dso consdered in earlier
cdculations with a Reynolds number less than 2.0 million based on the 15 percent scde modd. Because
of the large Reynolds number involved, dl computations were performed by assuming a fully turbulent
flow s0 there is no need to specify the trangtion location. The results are presented in the form of
particle trace, velocity vector plots, and pressure distributions over the configuration. The case of angle
of attack of 16 degrees will be discussed in detail because of important physical fegtures involving
separated flow and its direct impact on tail buffeting.

Converged deady-date results were obtained in about 4,500-5500 iterations requiring
approximately 10-12 hours of Cray C-90 CPU time for the hdf-arcraft modd. The CPU time
becomes doubled with the refueling boom added. Convergence is reached the solution residual drops
3-4 order of magnitude and the lift and drag coefficients asymptoticaly gpproached to constant vaues.
For cases at high angles of attack with the modified Baldwin-Lomax mode, the results were consdered
to be “converged” when the lift and drag coefficients fluctuate only within a narrow band. The fluctuation
is believed to be caused by shifting of vortex cores created by massive crossflow (vortex-type)
separdtion.  Earlier computations were performed on the NAS (Numerical Aerodynamic Simulation)
supercomputer facility at NASA Ames Research Center before the DoD High Performance Computing
facilities became available in early 1996. Since then the author has used the facilities at NAVO as well
as CEWES and WPAFB.

Particle Trace

The particle traces of the streamlines emanating from various ations at the fusdage, wing and nacelle
for flow at angles of attack of 7, 12, and 16 degrees were plotted and will be presented &t the ord
verson of the paper. The flow over the wing is attached for the case of angle of attack at 7 degrees.
However, indantaneous streamlines originating at the sponson rolled up in the rear region creeting free
vortices that converge into the main stream downstream.
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Asthe angle of attack increasesto 12 degrees, the flow on the fuselage and most of the wing remains
mogtly attached. Streamlines over the top of the fusdage (overwing fairing) start to separate and roll up
downgtream, merging with those from the sponson. These separations ae manly due to the
convergence of viscous streamlines inside the boundary layer. The phenomenon is known as viscous-
inviscd interaction.

Further increase in the angle of attack to 16 degrees causes massive separation to take place over
the upper wing surface, near the wing-nacelle juncture and from the mid-wing to the wing root. Unlike
aerodynamic flowsin most arcraft, the crossflow over the wing flows inboard towards the fusdage. The
reason for this unusua crossflow direction seemsto be due to the six-degree forward swept angle of the
V-22 wing. A rear view of the particle traces of the flow gives arather clear picture of the whereabouts
of the free vortices resulting from flow separations over the wing, the fusdage, and the sponson. These
vortices tend to merge into a Sngle main vortex passng by the rear fusdage and findly the tail section.
(The tail section is not included in the computation). The swirling of the flow after the wing-fusdage
juncture has increesed dgnificantly by the large amount of crossflows and therefore a vortex
breakdown may occur before the flow proceeds downstream. A similar flow pattern containing a core
of separated flow was observed experimentaly by McVeigh et d.

Velocity Vector

Velocity vector plots over the wing-fuselage-nacelle configuration at aforementioned angle-of- attack
range are presented. At angle of attack of 7 degrees, the flow is attached; al the velocity vectors at the
wing root point in the streamwise direction without any flow reversd. The attached flow is sustained to
an angle of attack of 12 degrees from which asmilar flow pattern is found.

This Stuation changes in the case of the 16-degree angle of attack. Veocity profiles and the
corresponding crossflow components a the wing mid-span and the wing root (overwing faring) are
examined. At the wing mid-gpan, the flow approaches a zero velocity at the surface about two-third
chord length from the leading edge, and starts to reverse theresfter. The streamwise velocities form a
vortex right above the trailling edge. The separation resembles that of the familiar two-dimensiona
boundary layer; but it belongs to the three-dimensional type because of the presence of crossflow
components. The crossflow changes its direction from outboard in the fore region of the wing to inboard
in the rear. Because of massve separaion (vortex-layer type separation as explained below), the
crossflow velocities have increased sharply aft of the trailing edge.

Generdly, the flow separation over the wing contains two types of separation: the bubble type and
the vortex-layer type. The bubble type separation is due to vanishing skin friction, while the vortex-
layer type is caused by convergence of dreamlinesin the spanwise (crossflow) direction. Between
the two, the vortex-layer type separation usualy prevails on the wing surface. *% One symptom for the
prevaence is that the line of crossflow reversal precedes the line of zero-skin-friction. The location of
the zero-skin-friction moves from two-third chord a the wing mid-span to mid chord a the wing root.
On the other hand, the change of crossflow direction takes place from two-third chord at the wing mid-
gpan to one-third chord at the wing root. The flow is therefore dominated by the crossflow effect more
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than by the viscous effect. As a reault, free vortices are creasted and proceed downstream leaning
toward the inboard spanwisdly. Before reaching the plane of symmetry, the crossflow turns into the
sreamwise direction, flourishing the swirling rate of the flow behind the wing-fusdage juncture. The
above velocity profiles confirm the presence of large crossflow over the wing that creates strong vortex-
type separation as discussed in the previous section.

Pressure Distribution

The surface pressure digtribution over the wing-fusdage-nacdlle configuration for the case of an angle
of attack of 16 degreesis discussed. On the wing surface, peaky pressures gppear in the leading edge
region, and a large postive pressure pocket in the inner part of the wing results in from massve
separaion. In three-dimensiond flows, the surface pressure influences the boundary-layer behavior in
two ways:. (1) the boundary layer being acted upon by the pressure distribution, i.e., the usua boundary
layer development; and (2) the viscous streamlines inside the boundary layer being acted upon by
the externd dreamline pattern, which is dictated by the pressure gradients. The latter isintringc to
three-dimensond flows and becomes more dominant when the vehicle is a an high angle of atack. The
pressure pattern on the wing surface confirms the dominating vortex-layer type separation in the inner
rear portion of the wing.

Cross-sectiona pressure distributions at three longitudinal locations, truncated at the zona boundary
for the nacelle, are consdered to confirm the results of particle traces and veocity vector plots.
Upstream of the sponson, which is dso ahead of the wing, the pressure variation is smooth; pressure
coefficients take on podtive vaues in the lower region and dart to decresse gradudly above the
“interface’” plane. A high pressure coefficient of 0.44, gpparently caused by the presence of the
gponson, is spotted at the lower left corner of the fuselage. In the fore wing section, which is located
just before the shoulder of sponson, the postive and negative pressure coefficients are clearly
partitioned by the wing. The lower-most pressures lie on the surface indicating the flow thus far is
attached. However, some crossflow activities start to take place near the wing-nacelle juncture and the
wing root. As we proceed downstream, the crossflow activity magnifies and massve flow separation
becomes apparent as the low pressure pockets develop above the wing surface.

Tail Buffet | nvestigation

The flow patterns revedled by particle traces aid investigation to the tail buffet problem of the V-22
arcraft. As discussed above, the wing vortex generated by the massive flow separation over the wing
create strong flow swirling after it mixes with that from the fusdlage, causing a vortex breskdown before
the flow proceeds to the wake downstream. Vortex breakdown may occur during transent high-angle-
of-attack maneuvers even when no breskdown is observed in steady freestream at the same angle of
attack. * Previous flight tests indicate the V-22 aircraft suffers atail buffeting during flight a high angles
of attack. The results of particle traces provide firgt approximations to the position of the wing vortex
with respect to the tail surface location. This result is supported by further analyzing the vorticity fied in
the region between the wing and tail sections. The concentrated vortex cores immediately behind the
wing divide into several small cores as it proceeds downsiream. Because of the flow high swirling rate,
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a vortex breskdown is very likely before it reaches the tall section.  Although the phenomenon of the
vortex breakdown is not consdered in the present steady-state solution, it nevertheless provides a clue
to the cause of the tall buffet problem without considering the ungteady interaction of the wing vortices
with the tall surfaces. This finding is Sgnificant in that it is for the firg time (April-May 1994) to pin
down the cause of the V-22 tall buffeting. The result was confirmed three months later by Boeing's
wind-tunnel tests. %

Drag Analysis

The results from the particle traces, velocity profiles, and pressure didtributions can al ad to
andyzing the aerodynamic drag of the aircraft. Badcaly the aerodynamic drag congsts of the form drag
and the skin friction. The form drag for V-22 ismainly the pressure drag plus a smal amount of induced
drag. Because of surface bluntness and spontaneous occurrence of three-dimensiond flow separation,
the V-22 has very high ratio of the pressure drag to the skin friction drag. The ratio is about three times
higher than that of a commercid arcraft. This suggests that there is a good potentid for drag reduction.

Effect of Transonic Flow

The CFD smulation dlows exploring the V-22 aircraft to high Mach number flight conditions which
could be difficult and risky in actud flight tests. Simulated flowfields containing embedded supersonic
pocket are obtained at freestream Mach numbers between 0.41 to 0.45. The onset of transonic flow
depends on the combination of Mach number and angle of attack. A loca supersonic flow can appear
at afreestream Mach number aslow as 0.41 at a moderate-to-high angle of atack. The early onset of
transonic flow for V-22 is due to the rdatively high thickness ratio (23 percent) of the wing arfoil
section.  Transonic flow has adverse effects on both agrodynamic drag and tal buffeting. The
aerodynamic drag increases because of added wave drag and possible shock-induced flow separation;
while the tail buffeting may be worsened by increased flow separation. Also, effort to dleviate tal
buffeting by vortex control device may be weakened by the supersonic pocket.

Comparison of Turbulence Modédls

Results discussed were obtained based on the Baldwin-Lomax turbulence mode with the Degani-
Schiff type modification plus the Ta extenson. As mentioned earlier, however, some convergence
problems were encountered in cases of angle of attack of 12 and 16 degrees. While these results are
congdered to be quditatively correct, the case of the 16-degree angle of attack was dso solved by
using the Spalart-Allmaras one-equation turbulence model. Particle traces of the converged solution
based on these two modeds are compared. The SA modd yields more extensive viscous-inviscid
interactions near the nacelle-wing juncture but smdler crossflow veocities in the rear of the wing. The
B-L modd, on the other hand, reveds strong vortica flows in the rear wing region as observed in the
wind tunnel measurements.

Effect of External Components
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Steady-date results are obtained for the following cases: (1) the wing-fusdlage-nacelle configuration
with the FLIR added, (2) the configuration with both the FLIR and AAR47 fairing added, and (3) the
configuration with the FLIR, AARA47, and the refueling boom added. The freestream Mach number is
st at 0.209 and 0.345 with the angle of attack varying at 0, 7, and 16 degrees. The Mach 0.209
freestream speed was chosen to match the flow conditions used in wind-tunnel tests of a 15% scae
mode a Boeing, while Mach 0.345 is more in line with flight tests. Again the flow Reynolds numbers
fal well within the fully turbulent flow range so afully turbulent flow can be assumed.

Effect of FLIR

For the case of Mach 0.209 at zero angle of attach, the overall pressure distributions for both the
wing-fuselage-nacelle configuration and the configuration with FLIR are dmogt identica except in the
locd areawhere the FLIR isingdled. The FLIR's front face has high pressures while its rear Sde is
subject to low pressure, resulting in an dight increase in drag coefficient of about 1.5 percent comparing
with the clean configuration. This amount of drag increase, which could be solely due to the added
component itself, agrees well with the manufacturer’ s estimete.

The effect of FLIR becomes more vishle with the aid of resulting flow patterns given by paticle
traces. At an angle of attack of seven (7) degrees (cruise flight), the particle traces reved that the flow
patterns are smilar for both configurations, except that streamlines over the upper rear fusdage of the
configuration with FLIR tend to lie closer to the surface. This phenomenon could be caused by vortices
generated due to the presence of FLIR which incidentally serves as a vortex control device. It indeed
enhances the lift by asmal amount as we compare the lift vaues of both configurations.

This favorable effect (increased lift) quickly disgppears as the angle of attack increases. At an angle
of attack of 16 degrees (maneuvering flight), flow separation over the upper wing surface becomes
massive and large crossflows flowing in-board are apparent. The flow separation gppears to be
worsened by the presence of the FLIR geometry as evidenced by extensve flow swirling over the
overwing fairing compared with that of the clean configuration. Since flow separation over the wing has
adirect bearing on tall buffeting, the FLIR therefore has an adverse effect on tail buffeting a high angles
of attack. That is, the onset of atail buffet may occur a an angle of attack one or two degrees sooner
with the FLIR ingdled. Consequently, there is aso asmadl reduction in the lift coefficient.

Effect of FLIR and AAR47

Unlike the FLIR ball, addition of the AAR47 fairing has very little effect on the drag a zero angle of
atack. This is because the unit is relatively “thin” comparing with the FLIR and appears to be more
sreamlined. The added drag may well be compensated by the favorable effect due to the free vortices
created. The net lift-to-drag ratio is unchanged at zero angle of attack.

At a moderate angle of attack of seven (7) degrees, more vortices are generated that enhance the
favorable effect on lift and drag. The particle traces of the flow reved that the flow pattern resembles
that of the configuration with FLIR aone. The streamlines over the fusdage remain cose to the surface
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which is beneficid for lift: An increase of 0.5 percent in lift is obtained as compared with the clean
configuration.  Further, the sreamlines from AAR47 pass through the middle portion of the lower
fusdlage-sponson area where some flow separation might have been suppressed or eiminated by the
vortices due to AAR47. A 1.2 percent decrease in drag coefficient is achieved as compared with the
clean configuration. It results in a dight increase in the lift-to-drag ratio. Although small in magnitude,
this is meaningful in that there are no pendties in adding these externa componentsin cruise flight. The
results of particle traces are aso supported by velocity and pressure plots.

As the angle of attack increases, these benefits gradudly disappear because of worsened flow
separation. At 16-degree angle of attack, lift coefficient has decreased to about one percent below the
clean configuration level, while the drag remains the same, resulting a net reduction in lift-to drag ratio.
The increased flow separation aso leads to aworsened tail buffeting

Effect of Refueling Boom

The effect of the refueling boom is evauated with both the FLIR and AAR47 unitson. In evauaion,
therefore, we have to make comparisons of the results with that of the configuration with the FLIR and
AARA47 geometries on. One obvious effect of the boom is that the flow is no longer symmetric with
respect to the aircraft centerplane. The resulting lift coefficient is dightly higher on the left-hand side then
that on the right, even there is no sde dip. Although the direct viscous drag due to the boom itsdlf is
inggnificant, the total drag is increased dightly. Thet is, the effect of the boom & this moderate angle of
attack is unfavorable as opposed to the cases with the FLIR and AAR47 units,

As the angle of attack increases to 16 degrees, flow separation worsens as in the previous cases,
accompanied by dightly unsymmetric flow digtributions. Again, it has direct impact on the tall buffeting.
Because of unevenness of the flow, the verticd tall on the left-hand sde would likely experience
buffeting dightly more than the one on theright. By the same token, the Ieft wing has a dightly higher [ift
than the right one.

Hover Mode Simulation

The same multi-zone thin-layer Navier-Stokes method was used to smulate the flowfield of aV-22
arcraft configuration hovering over a ground. Two hover heights, 14 and 25 feet, were consdered.
The numericd modd congsts of the wing, the fusdage, and the rotor-nacelle assembly tilted a 90
degrees with respect to the wing. The smulated flowfields contain redigtic outflow characterigtics and
showed fairly good agreement with flight test deta

Grid Topology for Hover Mode
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A specid grid topology is developed to accommodate the physicd flow. The topology is basicdly
of the O-type in the crossflow plane having centerline that coincides with the centerline of the rotor-
nacelle assembly. The shape of the overdl grid resembles a Mexican hat. The grid conssts of asuction
section on the top of the “hat,” a disc loading zone, a wing-fuselage section, aflow mixing region, and a
diffuson zone. Symmetry about the centerplane is assumed o that only haf of the aircraft needs to be
modeled. The complete grid for the haf model has atotd of 97 x 63 x 50 points generated with five
blocks.

Flow Solving and Boundary Conditions

The same CFL 3D code was used as the flow solver. The boundary conditions for flow solving are:
(1) Specified disc loading at the rotor, (2) Induced flow a upstream, (3) Atmospheric pressure
recovery a downstream, and (4) Viscous nondip flow at dl solid surfaces (wing, fuselage, nacelle, and
ground). The inlet and outlet of the nacelle are closed for smplicity. For B.C. 1, the disc loading
distribution is determined by the CAMRAD/JA code? for a given rotor power and the aircraft take-off
grossweight.  Alternatively, a constlant mean flow velocity estimated by a smple relationship between
the velocity, rotor power and aircraft weight can be adso used at the rotor disc. For B.C. 2, the concept
of “induced flow” is introduced and to be imposed as the freestream because the vehicle has no
freestream velocity under a steedy-dtate flow assumption.  The magnitude of the induced flow velocity
is determined by the amount of flow entrained at the rotor.

Results of Aircraft 25-Feet Above Ground

The case of the V-22 hovering a 25 feet above the ground is discussed. The disc loading is
determined based on a rotor power of 3,670 hps and an arcraft gross weight of 42,000 Ibs An
entrainment of 4.0 is used in determining the induced velocity for the upstream boundary condition.

Numerica results show that the flow is localy separated in the regions in front and behind the
arcraft, but remains mostly attached in other areas. The velocity contour indicates high velocities in the
front and rear regions, but moderate in most circumferentia areas. Zones having the highest velocities
are located somewhere between 30 to 100 feet from the center of the rotor in the front and rear of the
arcraft, more so for the front region than the rear. The height of high velocity pocket varies from 1 to
10 feet above the ground. Veocity profiles at two azimuth locations, beta = 0 and 30 degrees (beta =
0 corresponds to the centerplane in front of the arcraft), are compared with the mean velocities
messured by Meyerhoff and Gordge. ?  The agreement between the smulation results and the
measured mean velocity profiles is fairly good. The velocity magnitudes are higher and profiles fuller in
the beta = 0 deg plane than those in beta = 30 deg plane. In beta = 0 deg plane, the velocity profiles at
105 feet radius are sgnificantly fuller than those at 57 feet radius. The reason for this may be due to
lack of sufficient length for development of the turbulent shear layer involved.

Conclusions
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The V-22 arcraft aerodynamics in both forward-flight mode and hover mode are smulated by using
a multi-zone, thin-layer Navier-Stokes method. Based on results obtained, which have been assessed
with the wind tunnel measurements as well as flight test data, some conclusions may be drawn:

1. At an high angle of attack, the vortex-layer type separation resulting from the upper wing surface,
the sponson, and the fore fusdlage are strong to create free vortices that pass by the rear fusdage
region, including the tail section. The massve separation from the wing for flows a high angles of attack
provide first gpproximations to the pogtion of the wing vortex with respect to the tail surface location, a
clueto the cause of the V-22 tail buffeting.

2. The surface bluntness and spontaneous occurrence of three-dimensiond flow separation are
responsible for the aircraft’s high ratio of the pressure drag to the drag due to skin friction. Thereisa
good potentid for drag reduction.

3. The high thickness ratio wing leads to early onset of transonic flow which has adverse effect on
both drag rise and tail buffeting.

4. Effect of externd components FLIR and AAR47 on the forward-flight aerodynamic performance
is favorable at a moderate angle of attack due to favorable free vortices created. As the angle of attack
increases, the effect becomes unfavorable due to worsened flow separation that leads to earlier tall
buffet onset and dightly lower lift-to-drag ratio. The effect of the refudling boom remans dways
unfavorable in the range of angle of attack considered.

5. Reaults of the hover mode smulation, which agree fairly well with measurements, may provide
useful datain assessing the potentia hazards of the outflow flowfigld.

6. The generdly good agreement between the present CFD results and flight test data suggests that
the present CFD modd may serve as apracticd tool in predicting the aircraft aerodynamic performance
at acost well within the available computer resources.
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